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The first Lunar mission will be the beginning. Later missions will stay for longer periods on the
Moon and continue its exploration. But getting to the Moon islike getting to first base. Fromthere
we'll go on to open up the solar system and start in the direction of exploring the planets. Thisis
the long range goal. Itsa learning process. As more knowledge is gained, more confidence is gained.
More versatile hardware can be built. Smpler ways of doing things will be found. The flight crews
will do more and more. “Fly Me to the Moon— And Back,” National Aeronautics and Space
Administration,Mission Planning and Analysis Division, 1966.

Abstract — We examine how a 1400 low Earth orbit (LEO) Block Il configuration of the
Spaced.aunch System (SLS) can be used to perfarrewed Lunar landing in a single launcle W
showthat existing RSRMYV solid rocket motors can be used to achieved Block Il performance by
usinga corewith six RS—25E engines and agarupper stage (LUS) with two J-2X engines. A
cryogenicpropulsion stage (CPS) with four RL—10C-2 engines is used to perform trans Lunar
injection (TLI), Lunar orbit insertion (LOI) and 75% of powered descent to the Lunar surface. A
Lunarmodule (LM) initially carrying two crew and 535 kg of garis used to perform the remaining
25%of Lunar descent. The LM is in two parts consisting of a crew and propulsion nfGes
andnon—propulsive landing and garmodule (LCM). The CPM returns the crew and 100 kg of
samples to the waiting Orion in Lunar orbit for return to Earth.

I. INTRODUCTION

I T has been 46 years since humans first set foot upon the Moon on 20 July 1969 and 42.5 years
sincehumans last left their footprints there. During that short 3.5 year period, six landings were
performedby the Apollo progranof the United States. Apollo demonstrated that crewed Lunar
missionswere possible, achieving the political goal of landing a man on the Moon and returning
him safely to Earth by the end of the decade. In additionga dmount of information was learnt
aboutthe Moon, but there is much more to be learnt. The poles, the far side and many other areas
of the Moon remain lgely unexplored.

Recently the United States decided to develop the Space Launch System or SLS, initially in a
70t to LEO configuration (Block 1) and later in a 130 t to LEO configuration (Block II) [1]. Block
| uses two five segment RSRMV solid rocket motor (SRM) boosters derived from the four segment
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RSRM boosters used on the Space Shuttle. A new 8.4 m diameter core using four liquid
hydrogen/liquidoxygen (LH2/LOX) RS—-25D engines (again from the Space Shuttle) and an upper
stagefrom the Delta—IV Heavy with one LH2/LOX RL-10B-2 engine is used to complete the
Block | configuration [2].

Currentplanning for Block Il assumes that advanced boosters (AB) are needed to obtain the
requiredperformance [3]. One option is to use a new SRM with compossiegs and hydroxyl
terminated polybutadiene (HTPB) propellant and new five engine core [4]. The other option is to
usenew liquid boosters with LOX and rocket propellant kerosene (RP-1) engirtigsAb these
configurations require the use of a new LUS with two already developed LH2IE@Xengines
for 130 t to LEO. A possibly cheaper alternative is to use the existing RSRMV boosters with a new
core that has six RS—25E engines. This only requires two major developments (the core and LUS)
compared to three major developments (SRM, core and LUS or h@vgjgre and LUS) if using
advancedoosters.

To send the crew to the Moon in their Orion multipurpose crew vehicle (MPCV) and LM a CPS
with four LH2/LOX RL-10C-2 engines is used. The design of this stage is similar to the exploration
upperstage (EUS) proposed in [7], but using a common bulkhead in order to meet vehicle height
restrictions\We examined the case where the LUS performs partial TLI as in [8], but we found best
performancas achieved when the CPS performs all of TLI due to the higher performance of the
RL-10 engines and lower dry mass of the CPS.

To simplify mission design we assume the LUS places the CPS and spacecraft into a 37x200 km
trajectoryat apogee. This results in the LUS besadely tageted for reentry without requiring a
deorbitburn. The CPS performs a small burn at apogee to circularise the orbitiW!il® Orion
separates from its spacecratft launch adaptor (SLA). At the same time the SLA is ejected. Orion then
performsa transposition and docking manoeuvre and docks with the LM bé&leevCP3hen
performsTLI and LOI. Thiswill require the CPS to have a low boilfddte, as the LH2 and LOX
arestored at cryogenic temperatures.

Due to the lage mass of Orion at 26,520 kg [9], this puts significant limits on the ldM. T
overcomethis limitation we propose using the high performance of the CPS to also perform 75%
of Lunar descent. The LM then performs the remaining 25% of Lunar dés¢enthdown. This
requiresa critical stage separation and ignition by the LM at the ettteo€PS burn.d’increase
thereliability of this event the LM has a CPM and an LCM. The LCM is a non—propulsive stage
which carries ca@yo, has landing legs and supports the CPM.

The CPM can carry up to four crew (two crene carried in the initial flights), all the propellant
and has two sets of engines, descent and ascent. The descent engine is centrally located beneath the
CPM and protrudes through the middle of the LCM. As #ngine performs Lunar descent, the
enginecan throttle and rotate in two axis to enable precise landing controloiTmore ascent
enginesare at the sides of the CPM. These engines nominally perform Lunar ascent, carrying the
crew and 100 kg of Lunar samples to Orion waiting in low Lunar orbit (LLO). They are of fixed
thrust and position for maximum reliability



During Lunar descent, if the descent engine fails to ignite or experiences an gribeéliyM
separatefrom the LCM with the ascent engines being used for abort. If the LM fails to separate
from the CPS, the CPM separates from the LCM and performs an abort, using either the descent
or ascent engines. If the ascent engines fails or experiences an anomaly during Lunar ascent, the
descent engine can be used as a backup.

Unlike the Apollo LM descent stage, the LCM can have gelaaigo volume as it is free from
carryingpropellant. Only the space where the descent engine passes through the LCM is used. The
surroundingvolume can be used for carrying a Lunar roveols, experiments, antenna, solar
panelsandsupplies. For future more capable versions of the SLS Block Il configuration presented
in this paperan airlock and a smalflabitation module could also be carried. This would allow
missionsup to 14 Earth days. For a future Lunar base, the LCM can carry pressurised and
unpressurisedupplies for the base, in addition to the crélus, even though using staged descent
carriessome risk (which we have tried to minimisehdas some great advantages, including
increase@ayload and future mission flexibility

A detailed analysis of the SLS Block Il configuration we have selected is presented in the
following sections.

IT SPACE LAUNCH SYSTEM BLOCK II

The SLS Block Il consists of three main stages. The first stagsists of twin boosters. The
secondstage is an 8.407 m diameter core using RS—25D or RS—-25E (expendable mdiieieast ef
versionsof the RS—-25D) engines. The 8.407 m diameter third stage or LUS usasooe J-2X
enginesWe have analysed SLi§ a number of dferent configurations, with RSRMdvanced
solid, advanced liquid (using either two F—1B enginethedual nozzle AJ1EG6 engines), four
to six RS—25D or RS-25E engines on the core and one to three J-2X engines on the upper stage
[10]. For SLS configurations with a Block | core and an LUS, the boost and post—boost phase of
flight suffers from low acceleration, typically around 20 fassaximum. This results in Ige
gravity losses and limits the size of the upper stage and payload that can be carried.

To overcome this, NASA has proposed using advanced boosters to increase the impulse during
the boost phase. i advanced solid boosters, we obtain a payload mass of 124.8 t [10] into a 200
km circular orbit, below the 130 t value requitedCongress. W use a 200 km reference orbit as
thatis close to the 185 km orbit typically used during Apoll@ Mctreased this to 200 km to allow
theorbit to be more stable during transposition and docking (an operation performed after TLI in
Apollo). With F-1B poweredoosters we obtain 133.2 t and with AJ1E6 powered boosters we
obtain 136.2 t [10]. This is using a non—-modified core with four RS—2Bgines. All these
configurationsused an LUS with two J-2X engines.

However,there is another way of increasing acceleration (and thus reducing gravity losses)
during boost and post—boost flight. Simply increase the number of enging® aore. \WWh
existingRSRMV boosters, four RS—25E engines and one J-2X engine payload i$26ly: YWth
five RS—25Eenginesand two J-2X engines payload increases to 130.8H.9/ RS—25E engines



the payload increases to 137.0 t, beating all other configurations except advanced solids which also
requiresa new core stage.

Thus,we have chosen a six—engined SLS core as our baseline configuration as thabs the
costeffective option(as we will show later). Howevethe Lunar mission can also be completed
with any of the other Block Il configurations, so we are not limited to using this option alone.

In the following, we present our assumptions used in the design of the SLS Block Il vehicle.

I1.A RSRMV Boosters

Theusable propellant massrig; = 628,407 kgnd the ejected inert massisy = 4,082 kg [7].
We combine these masses into a total propellant mags=ofry,1 +m,2 = 632,489 kg. The exhaust
speedof the propellant (not including the inerts)ig = 2622.3 m/s (267.4 s) [8] with the inerts
havingzero exhaust speed.£ = 0 m/s). The average exhaust speeg #(Th1 Ve1 + Mh2 Ve2)/Mp
= 2605.4 m/s (265.7 sJheburnout mass is 96,751 kg (95,844 kg dry and 907 kg slag) [7] and the
actiontime is 128.4 s [8]. Using the graph of vacuum thrust verses timg]jmj@ manually plotted
the graph and calculated the total impulse. This was then used to adjust the curve for the actual
impulseof myve = 1,647,887 kNs. Figure 1 plots the vacuum thrust against time.
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Figure 1: RSRMV vacuum thrust against time.
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Thenozzle exit diameter is 3.875 n1]1The aft skirt diameter & = 5.288 m [12]. The exposed
areaof the RSRMV hold down posts, separation motors and attachments was estimatég, to be
=0.763 M from Figure 6—1 of [13]. There is an overlap between the aft skirt and core with diameter



tk = 8.407 m [14] with a centreline distancedof 6.363 m [14] (the Space Shuttle and SLS are
assumed to have the same dimensions in this area). This area is given by [15]

Ass = A(de/2,X) + A(ds/2,d — X) (1)
wherex is the horizontal distance between the core centre and the intersection aiftlskimt and
A(r,h) is the circular segment area with radied segment height We have that

x= Eo T C2E 001 (2)
and
A(r,X) = r2cos Y(x/r) — xvr? — x°. 3

This givesAs = 0.301 + 0.500 = 0.8014rThe totaladditional area is thefey =Ana —Aes = —0.038
m2. The abovevalues are summarised iatle 1. The residual propellant is the propellant remaining
afterthe action time.

Table 1: RSRMV Parameters

Aft Skirt Diameter (m) 5.288
Additional Area () -0.038
Nozzle Exit Diameter (m) 3.875
Sea Level Thrust at 0.2 s (N) 15,471,544
Vacuum Isp (m/s) 2605.4
Total Mass (kg) 725,158
Usable Propellant (kg) 631,185
Residual Propellant (kg) 1,304
Burnout Mass (kg) 96,751
Action Time (s) 128.4

[1.B Core Sage

The SLS Block | core with four RS-25D engines has a dry mass©0F 100,062 kg [7].
Subtractinghe mass of four RS—25D engirasn.; = 3,545 kg each [16] gives,e =y — 4,
= 85,882 kg. Other than for the engine mass, it is not known how much the dry mass will increase
with the addition of two additional engines. For want of a better estimate, Boeing previously used
a higher mass ohy, = 115,575 kg for the core [8]. Thus, we will increase the core masgyby
mso> —myq = 15,513 kg. This is an 18% increase in the tank and structure mass. The RS-25E engines
are a littleheavieratmy, = 3,700 kg each [16]. The total dry mass is thus estimatedntg bemny
+ 6myo = 123,595 kg.

The total propellant massiig, = 982,663 kg [7]. Wh four engines, the startup mas#s,
= 8,437 kg [7] and the nonusable propellant masg{s = 1,678 kg [8]. Thus, with six engines
the startup mass s = 1.59mpsr = 12,656 kg and the nonusable masgyjs= 1.51,, = 2,517
kg. The total nonusable and reserve propellant mass in [7] for SL&WHS ismynrr = 9,662 kg.



This gives a reserve propellant massrgf = Mynrr —Mpn,r = 7,984 kg. The usable propellant mass
IS My =N —Mps —Mpyr —Mpn = 959,506 kg.

Forthe RS—25E, the vacuum exhaust speed is 4420.8 m/s (450.8 s) [16]. A constant maximum
vacuumthrust of 11% of rated power level (RPL) [16] or 2,320,637 N is used. The nexile
diameters 2.304 m [17]. The core diameter is assumed to be the same as the Space Shuttle external
tank of 8.407 m [14]. From Figure 6-1 of [13] we estimate the areas of each liquid oxygen feed line
to beAy = 0.608 M, each engine fairing to e = 0.203 M and the tunnel tbeAy = 0.045 .

The Block | core has two feed lines af@lr engine fairings. For a six engine configuration we
requirethree feed lines (this mde designed as two gr feedlines), six engine fairings and one
tunnel. Thus, the total estimated additional area for the cogg &3 + 6Ace + Agt = 3.087 .

The above values are summarised iablE 2. Figure 2 illustrates two possible engine
configurationsNote that the edge of the RSRMV aft skirt is aboutd fiigher than the RS—25E
engine nozzle outlet and thus does not interfere with operation of the engine. The second
configurationwith an engine in the centre afile surrounding engines could also be used.
However,this configuration has two engines that are only 0.5 m away from the RSRMV nozzles,
comparedto 0.936 m for the first configuration. For this reason, we have chosen the first
configuration.If necessarythe core engines may be moved inwards to increase this distatice. W
both configurations, the core could also be used with five or four engines.

Table 2: Core Parameters with RS—25E engines

Diameter (m) 8.407
Additional Area () 3.087
Nozzle Diameter (m) 2.304
Single Engine ¥cuum Thrust (N) 1% RPL| 2,320,637
Vacuum Isp (m/s) 4420.8
Number of Engines 6
Total Mass at Liftdf (kg) 1,093,602
Dry Mass (kg) 123,595
Usable Propellant (kg) 959,506
Reserve Propellant (kg) 7,984
Nonusable Propellant (kg) 2,517
Startup Propellant (kg) 12,656

[1.C Large Upper Stage

The upper stage mass is determined in an iterative fashegtart with a fixed total interstage,
upperstage and payload masg.(By adjusting the turn time of the first stage and maximum angle
of attack of the core and LUS, the desired 37x200 km orbit is reached. This process is
semi—automate@s the program calculates a new angle based on the prewviglesand the
differencebetween the current and desired orbit. New paramfeteifse interstage, upperstage and



payloadare calculated and substituted baao the program. This process is repeated until the
remaining usable propellant is zero. This gives the payload achievable for a given. tOta
usablepropellant mass is then increasedlecreased in several further iterations until the payload
mass is maximisedypically, about 100 to 200 simulations are required to find the optimum mass.

Engine Fairing

Figure 2: RSRMV and Core engine configurations.

As shown in Section Il.H, in order for the vehicle to meet the height restriction of the Kennedy
SpaceCenter (KSC) ¥hicle Assembly Building (&B), the LUS and CPS must both useoanmon
bulkheaddesign.A common bulkhead also has the advantage of lower mass and thus greater
payloadto LEO, at the expense of greater development and manufacturing cost.

The optimumm for this SLS configuration was found to be 383,500 kg. This gave a payload
massinto LEO of 143,165 kg. This includes an additional 6,206 kg of payload due toausing
commonbulkhead design for the LUS. Howeytire vehicle was still found to be over 2 m kigh
to fit the VAB. The solution we chose for this problem was to redyde 344,300 kg. This resulted



in the LUS propellant mass being reduced by 34,434 kg, obtaining the necessary reduction in height.
Payloaddecreased by only 2,498 kg to 140,667 kg.

The interstage mass was determined from a trajectory simulatitimeofehicle in [8]. This

vehiclehas an interstage maskm ; = 7,394 kg and height &f, = 15.0 m (estimated from Fig.

9 of [8]). From Section Il.H, the interstage height for a common bulkhead de$jgn 7s5 m. It

was foundthat the maximum weight off due to acceleration and dynamic pressure acting on the
referencevehicle wad , = 7,989,609\. From our simulationny experienced a maximum weight

of F = 9,992,646 N at 304.05 s into flight. Thus, the interstage massis ( (Fi/F r)(h/h ) =
4,624 kg. For comparison, the S—IC/S-II interstagieApollo 14 Saturn V launch vehicle has

a smaller dry massef only 3,957 kg [18], even though the interstage haggaddrO m diameter
alarger m of 488,027 kg, a higher maximum acceleration of 37.% avisl a higher dynamic
pressureof 32 kPa.

With two J-2X engines, the startup propellant massgis= 771 kg [8]. D determine the
unusablgropellant mass, we use as reference data from the S—Il second stage of the Saturn V [18],
wheregaseous oxygen and hydrogen wesed to pressurise the tankable 3 summaries the
respectivedata.

Table 3: Apollo 14 S—II Predicted Propellant Data

Mass (kg) Symbol
LOX In Tank at Separation 679 Mto,r
LOX Below Tank at Separation 787 Mhto,r
LOX Ullage Gas at Separation 2,254 Mugo,r
Total LOX at Liftoff 379,876 Mbo,r
Fuel In Tank at Separation 1505 Mtf r
Fuel Below Bnk at Separation 123 Mhtf,r
Fuel Ullage Gas at Separation 599 Mugf,r
Total Fuel at Liftof 72,476 Mt r

Five J-2 engines have oxidiser and fuel rate®Rgf = 1053.9 kg/s antk, = 190.4 kg/s,
respectively18]. For an oxidiser to fuel mixture ratio gf = 5.5, two J-2X engines have oxidiser
andfuel rates oR, = 503.7 kg/s an®k = 91.6 kg/s, respectivel\Normalising the below tank
propellantmass by these propellant rates, we obtain a below tank oxidiserahasgg =
Myto r Ro/Ro,r = 376 kg, below tank fuel massrafis =my r R/Rr = 59 kg and below tank propellant
massof Myt = Myio + Myt = 435 Kkg.

We assume the reserve oxidiser mags is the in tank oxidiser masg, = 679 kg, the reserve
fuel mass isn¢, = mo/rm; = 142 kg (the mixture ratio at engine ctiiefr,, = 4.8 [18]) and the
fuel bias mass 8y, =My, —Mmy¢r = 1363 kg. The fuel bias is to ensure that engine fcistéfel



rich, to prevent the oxidiser from burning amgtallic engine components. Normalising by the fuel
ratewe obtain a fuel bias ofy, = myp r R/R; = 656 kg.
The oxidiser and fuel ullage gas masses are given by

M + M
Mygo = fugo(—ln_f 1/rn:) (4)
M + M
mugf = fugf( :Ir_ns+ rm L + rnfb) )

where mys Is the mainstage propellant mass (including startup propellantls the reserve
propellant massfygo = Mugo,r/(Mpo,r =Mbto,r—Mugo,r) = 0.5981% andygr = Mugt,r/(Mpf,r —Mhtf,r —
Mugtr) = 0.8348%From our simulation, we obtain@ths = 166,819 kg andy = 449 kg for a 0.5%
increasén delta—V This givesm,go = 847 kg,m,gt = 220 kg andn,g = mygo + Mygo = 1,067 kg.
The total propellant masg, = Mys + M + Mg + My + My, = 169,426 kg.

To estimate the drynass of the upperstage, we use a nonlinear model. Using historical data, we
showedin [19] that the dry stage mass for cryogenic upper stagfésut the engines can be
modelledby

Me = am8.848 (6)

wherea is a constant depending tire materials and technology used in the stage. This model is
more realistic than a linear model since it reflects a higher dry mass fraction for low vaiyes of
andlow values for highmy,. To determinex, we use the total S—II dry massmaf, = 35,402 kg [18]
whichincludes five J-2 engines. The J-2 dry massg js= 1,584 kg [20] and the J-2X dry mass
isme = 2,472 kg [3]. W& have the reference dry massmgs = my, — Smer = 27,482 kg. This gives

a = mg,/md:848=0.43975. Thus, the total dry masestimated to by =am3-848+ 2m, = 16,894

kg.

To ensure the propellants are settled praoengine start, solid motors are used like that in the
S—II stage of the Saturn Yo model the required thrust we usereference the ullage motors of
thesecond and third stages of the Saturn V [18]. The total mass\adhiute after first and second
stage separation ang;»> = 666,29%g andm,;3 = 166,258 kg, respectivelyhe total vacuum thrust
is Fy2 = 409,236 N ané,;3 = 30,159 N. W use a nonlinear model where

Fu= aunﬁ{’- (7)

Usingthe reference values we hgfg = In(F 3/F )/ In(Mys/My) = 1.8786 andy, = Fu3/mfgu

= 4.6976x166. Thus form; =m —m = 339,676 kg we havg, = 115,425 N.The ullage motors
areoffsetd = 3C¢° from the centreline, so the inline thrust is reduced,tms(30) = 99,961 N.

We use a linear model of the ullage motor propeltaass as a function of thrust. For the S—IVB,
we havemypz = 53.5 kg anan,sz = 61.2 kg. Thusn,p =myp3Fu/Fu3 = 205 kg. Fothe case mass,

we use a nonlinear model whetg = musg/mgb%“sz 2.0946. Thusns = augm248= 191 kg. V&
usethe same event times as for the S—IVB [18]. The ullage motors are started 0.18 s before core
separation antlave an action time of 3.87 s. Separation of the ullage motor casings dc@@rs 1

s after core separation.



The above values are summarised &bl 4. The J-2X parameters are from [16].

Table 4: Lage Upper Stage Parameters with J-2X engines

Diameter (m) 8.407
Nozzle Diameter (m) 3.048
Single Engine "¥cuum Thrust (N) 1,307,777
Vacuum Isp (m/s) 4393.4
Number of Engines 2
Total Mass at Liftdf (kg) 186,716
Dry Mass (kg) 16,894
Total Propellant (kg) 169,426
Startup Propellant (kg) 771
Main Stage Propellant (kg) 166,048
Reserve Propellant (kg) 449
Ullage Gas Propellant (kg) 1,067
Below Tank Propellant (kg) 435
Fuel Bias Propellant (kg) 656
Ullage Motors Propellant (kg) 205
Ullage Motors Dry Mass (kg) 191
Ullage Motors Thrust (N) 141,615
Ullage Motors Action ime (S) 3.87
Ullage Motors Ofiset Angle ) 30
Interstage Mass (kg) 4,624

[1.D Cryogenic Propulsion Stage

The CPS first burn is to circularise the orbit to 200 km circllaur RL—10C-2 engines are used,
thesame as the EUS in [7]oRvoid a trajectory that rises and then falls to Earth, the upper stage
releaseghe CPS near 200 km altitude. After 1.8 s, the CPS fires to circularise the orbit. The
upperstage returns to Earth to burn up in the atmosphere. Before engine start the mass of the
interstageCPS and payload g = 143,933 kg. For a separate tank design, this mass is reduced
by 5,864 kg to 138,069 kg, indicating the significant performance advantagmofmon bulkhead
for the LUS. From Section II.H, the CPS interstage height3s6.3 m. The maximum weighar
thetotal isF = 4,471,756 N at 81 s. This gives an interstage mags=of) , (F/F; ;)(h/h ) = 1,738
kg.

To perform Earth orbit insertion (EOI) and trans—Lunar injection, thesesiatgated to show
thatAveo = 49.0 m/s andvy; = 3184.9 m/s areequired.If an engine fails to start at the beginning
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of the burn, therw; 3 = 3220.2 m/s which is a 1.1% increase. Thus, we include a 1.1% delta—V
mamin for TLI. All other delta—\5 are increased by a 1% miar.

Theinitial mass isny —m = 142,195 kg before LEO insertion. From [21], the highest Lunar orbit
insertiondelta—V wasAig; = 960.4 m/s for Apollo 14. Here we assume LLO insertion is into an
approximatell0 km circular orbit, instead of with a perilune of 15 km (921.2 m/s to 107.6x313.0
km plus 62.7 m/s to 16.9x108.9 km minus 23.5 m/s to 103&81km). A total powered descent
of Avipg = 2041.6 m/s from Apolld7 is used. The CPS performs 75% of powered descent, giving
AvVpg = 0.7%Avpg = 1531.2 m/s.

We assume a boil-bfate ofrp, = 0.1% per daywhich [22] claims can be achieved for the
Centaurstage with modifications. In [23] a low boil+akrsion of the Delta—IV Heavy uppstage
is examined. Figur8-2 of [23] indicates that an independent cooling system can have afboil—of
rateof only 9.3 kg/day using 500 kaf additional thermal protection. That corresponds to a rate
of only 0.034% per day for an initial propellant mass of 27,200 kg [24], nearly three times less than
our value. The calculatedoiloff mass in each flight segmeinis myo; = TirpeMy, WhereT is the
numberof days for slight segmentindmy, is the initial total propellant mass.

To allow suficient time to perform transposition and docking in case there are problems, 0.25
daysor four orbits are spent in LEO. This value is taken from Apollo 14 wher€3hM/LM
separatioroccurred at 5 hours and 47 minutes into the mission [21]. Lunar transit can take up to
3.5 days (Apollo 17 was 3.46 days)eWssume a stay time in Lunar orbit before descent of 1.25
days,the same time as Apollo 16, where additional time was needed to resolve a problem with the
SM engine. Once more experience is gained though, the number of orbits can be reduced.

Assumingan oxidiserto fuel mixture ratio ofy, = 5.88 [25], four RL—10C-2 engines have
oxidiserand fuelrates o, = 83.0 kg/s an& = 14.1 kg/s, respectivelysing the S—Il model, we
obtainmyte = 62 kgandmys = 9 kg,my: = 71 kg andny, = 101 kg. From our program, we obtain
Mhs = 93,902 kg (including boilf andm = 461 kg. This gives ullage gas masses|gh = 482
kg, mygr = 115 kg andn,g = 597 kg. This gives the total propellant masef mys + m + my
+ My +myg = 95,132 kg.

The RL-10C-2 dry mass @&ssumed to be the same as the RL-10B-2 dry mass0801 kg
[25]. As for the LUS, a common bulkhead design for the CPS is required in order to meet vehicle
heightrequirements. In [26], a common bulkhesesign with four RL-10 engines called ACES
41is presented. The reference inert massyis = 5,000 kg with propellant mass,, = 40,800 kg.

We obtaina = (Mg, — 4me)/m3:248 = 0.46718. The exhaust speed of the RL~10Cw24%1535.6
m/s (462.5 s) [7].

Thetotal trans Lunar (TL) trajectory correction manoeuvre (TCM) CPS reaction control system
(RCS)delta—V isAvcm1 = 3.8 m/s (Apollol6). This is the layest value of the three Apollo J
missions.For powered descent initiation (PDI), we have CPS RGg = 24.9 m/s (Apollo 16)
andassume powered descent (PD) CPS RCS burkg,gf = 5.5 m/s, half of the total given in [27].

The other half is performed by the LM during descent. ForGR& RCS, we assume gaseous
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hydrogenand oxygen is used (GH50,). In [28] an actual GHGO, RCSthrusterwas tested which
hasan exhaust speed @f¢rs = 3432.3 m/s (350 s).

Dueto the complex non-linear model used, we used an iterative algorithm to determine the total
propellantmass of the CPSable 5 gives the parameters for the CPS.

Table 5: CPS Parameters with RL-10C-2 engines

Diameter (m) 8.407
Nozzle Diameter (m) 2.146
Single Engine ¥cuum Thrust (N) 110,093
Vacuum Isp (m/s) 4535.6
Number of Engines 4
Total Mass at Liftdf (kg) 104,118
Dry Mass (kg) 8,986
Total Propellant (kg) 95,132
EOI Propellant (kg) 49.0 m/s 1,528
LEO Boiloff (kg) 0.25 days 24
TLI Propellant (kg) 3184.9 m/s 70,047
TCM RCS Propellant (kg) 3.8 m/s 76
TL Boiloff (kg) 3.5 days 333
LOI Propellant (kg) 960.4 m/g 13,050
LLO Boiloff (kg) 1.25 daysg 119
PDI RCS Propellant (kg)| 24.9 m/s 215
PD Propellant (kg) 1531.2 m/g 8,463
PD RCS Propellant (kg) 5.5 m/s 47
Reserve Propellant (kg) 60.8 m/s 461
Ullage Gas Propellant (kg) 597
Below Tank Propellant (kg) 71
Fuel Bias Propellant (kg) 101
Interstage Mass (kg) 1,738

I1.E Orion Multipurpose Crew \ehicle

Table6 gives the parameters for Orion. The total Orion command module (CM)nolaskng
four crew members isym4 = 10,387 kd9]. Assumingmyy, = 125 kg for each crew member [8],
this gives a CM mass ofty, =NMyma — 47em = 9,887 kg. The European service module (E it
massis myy, = 6,858 kg withup to 8,602 kg of storable propellant [9]. The Orion adaptor mass is
Mha = 510 kg [29]. The reference SLA massngr = 2,300 kg [8]. From Figure 4 in [8], we
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estimatethe height of this SLA to by, = 9.535 m. As determined from Section II.H, the SLA
height ishgy = 5.326 m. This the SLA massny, = Mmyarhya/hyar = 1,285 Kkg.

Table 6: Orion Parameters

Diameter (m) 5.029
Vacuum Isp (m/s) 3069.5
Total Mass at Liftdf (kg) 35,259
Launch Abort System Mass (kg) 7,643
Crew Mass (kg) 375
Crew Module Mass (kg) 9,887
Service Module Inert Mass (kg) 6,858
Service Module Fairing Mass (kg) 1,384
Service Module Adaptor Mass (kg) 510
Total Propellant (kg) 8,602
TAD Propellant (kg) 0.6 m/s 6
PC Propellant (kg) 46.2 m/s 380
LLO RCS Propellant (kg) 5.5m/s 53
TEI Propellant (kg) 1168.7 m/s 8,037
TCM RCS Propellant (kg 1.7 m/s 11
Reserve Propellant (kg) 12.2 m/s 69
Unusable Propellant (kg) 45
Spacecraft Launch Adaptor Mass (kg) 1,285

The Service Module Fairing (SMF) and Launch Abort System (LAS) masseg,are 1,384
kg andmgs = 7,643 kg, respectively [29]. These are jettisondgat 375 s and;s = 380 s after
launch[30]. The orbital manoeuvring system (OMS) engine from the Space Shuttle is used with
anexhaust speed of, = 3069.5 m/s (313 s) [31]. The exhaust speeth@fOrion 220 N RCS
thrusterss v or = 2650 m/s [32].

We use the unusable propellant mass fractibthe total propellant from the Apolldl 1M
descenstage of, = 0.5279% [21]. W assume Orion RCS burnsf,q = 0.6m/s for transposition
anddocking (TAD) in LEO. Before the LM ascent stage returns to LLO, Operforms a plane
changgPC) of up tAAvyc = 46.2 m/s. Higher values are not possible due to the limited amount of
availablepropellant. This allowtatitudes to be reached on the Lunar surface that are about half that
of Apollo, or approximately 12 For Orion RCS burns in LLO, we ué&j, = 5.5 m/s. The trans
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Earthinjection (TEI) burn isAvg = 1168.7 m/s (Apolldl4) with TCM burns oAem2 = 1.7 m/s
(Apollo 15).

[1.F Lunar Module

Table7 gives the parameters for the LM. The Lunar Module carrying two crew members at 125
kg each performs the remaining of powered descemtvgf = 0.25*2041.6 = 510.4 m/s. It is
assumedhat Lunar ascent is performed with the abort engines whichfaet lof 10. The descent
andascent RCS delta—-V aeyg = 5.5 m/s and\vag = 5.5 m/s, respectivelyor the descent
engine we use the exhaust speed of the VTR-10 Lunar Module descent engine of 2991.0 m/s (305
s) [33]. For the ascent engine, we use the exhaust spéeelRS—1801 Lunar Module ascent engine
of 3040.1 m/s (318) [33]. W& assume R—4D 44:1 expansion ratio engines are used for the LM RCS
thrusterswith an exhaust speed @iy = 2942.0 m/s (300 s) [34]. The ascent delta—¥vg =
1890.0 m/s (Apollo 1).

Table 7: LM Parameters

Landing Engine Isp (m/s) 2991.0
Ascent Engines Isp (m/s) 3040.1
Ascent Engines G@det Angle ) 10
Total Mass at Liftdf (kg) 10,560
CPM Dry Mass (kg) 3,587
LCM Mass (kg) 599
LM Adaptor Mass (kg) 614
Calgo Mass (kg) 535
Total Propellant (kg) 5,225
Descent RCS Propellant (kg) 5.5 m/s 19
Descent Propellant (kg) 510.4 m/s 1,600
Ascent RCS Propellant (kg 5.5m/s 14
Ascent Propellant (kg) 1890.0 m/s 3,531
Reserve Propellant (kg) 24.1 m/g 33
Unusable Propellant (kg) 28
Crew Mass (kg) 250
Return Sample Mass (kg) 100

In [8], an LM adaptor mass ofingr = 1,000 kg is used for an LM masswofy,,, = 16,200 kg.
Thus, we use the scale factom@fg, (/(Mmr+Mmar) = 5.814% of the total LM and adaptor mass
to determine the adaptor masse Assume the LCM mass is O¥the total landed mass. The CPM
includes2,207 kg for a multi-mission space exploration vehicle (MMSEV) ci&h For the
ascenstage propulsion system, for want of a better model, we use as reference thelApatarl
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Module descent stage [21] withy; = 2,033 kg and,, = 8,248 kg which gives = mg,/m3;348
=0.9707.

For comparison, the Apolltl descent stage dry mass was 27.7% of the landed mass (which
included the descent stage engine and propellant tanks, which are not included in the LCM) and
ascenstage dry mass of 2,179 kg. For return to Earth, the CPM carries 100 kg of Lunar samples.
For the above configuration, the LCM is able to carry 535 kg gfocavhich carbe used for a Lunar
roving vehicle, tools and experiments.

11.G Trajectory Smulations

To estimate the performance of the Block Il SLS a trajectory simulation programsts?iechs
written. A 32—bit DOS executable and Pascal source code for this program is available from [36]
for configuration SLS1C6J2C4. Software for also determining the CPS, Orion and LM masses
calledlunar is also given in [36]. The program uses a set of Pascal procedures thatwaately
simulate aocket in flight in two dimensions (range and height). These procedures were originally
written for a Saturn V trajectory simulation program [37] but can be applied to any rocket on any
planet.The program uses the Runga—Kutta fourth order method to solveférerdifll equations
and a standard atmosphere model. The program is able to model thrust which changes
proportionallywith time. This is useful in accurately simulating the thrust curve of solid motors,
as well as thrust buildup and dropof liquid propellant engines.

Only two parameters are requiredstmape the trajectory into the required orbit. This is the pitch
overtime soon after launch and the maximum angle of attack after booster separation. After pitch
over the vehicle follows a gravity turn such that the air angle of attack is zero. After booster
separationthe angle of attack is automatically increased to its maximum value and then
automaticallydecreased. This is achieved via an algorithm that fdicés be proportional to
— sign(,)|h,|° wherehy is height above the planeBurfacely =dhy/dt, b, =dhy/dt, andsign)
is the sign ok. Values ofp = 2 are used after booster separationpend. after core separation. Thus,
if hy is positive (meaning thé) is increasing) thehy is made to decrease, slowing the rate of
altitudeincrease. Ihy is negative (the vehicle is now heading back towardgltdeet), then we
makehy, positive so as to push the vehicle back up. Although this is a crude algorithm, we have found
it to be veryeffective and provides good performance (coming to within a few percent of payload
massof trajectories that use optimal algorithms).

After booster separation there is not enough thrust to maintain a positive rate of altitude increase
andso the angle of attack increases to its maximum value. Once centrifugal forces build up to a
sufficientdegree the angle of attack gradually decreases.

The launch latitude i§ = 28.45, but the required orbital inclination for Lunauissions i9),
=32.55 [21]. As we are using a 2-D program, we approximate this by redingngertial speed
at liftoff. Using the spherical law of cosines [38], the orbital plane azifwiere East isOand
North is 9Q) is given byo = arccos(cosk)/cos@))) = 16.52 (notethat this is not the same as
the launch azimuth). The launch site inertial speef #Is27R.cos@,)/T = 408.9 m/s where the
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Earthradius isR. = 6,378,165 m and the sidereal rotational peridd=ss36,164.09 s. The orbital

speedat altitudeh, = 200,000 m isp = Ju/(Re + hg) = 7783.2 m/s where = 3.9860051014
m3/s? is Earths gravitational constant. Using the planer lancogines, this gives the required

delta—Vof Ay = \/v§ + V3 — 2vyvpcosp) = 7393.1 m/s. W thususe an adjusted surface speed
of b — Ay = 391.1 m/s. Note that this is less than launching from a latitude eg@aivtoere

the inertial speed is 392.0 m/s.

To obtaina 200.0 km circular orbit inclined at 32?58 turn time of 5.051 s and a maximum
angle of attack of 10.9612vas used. Figures 3, 4a8d 6 plot speed, altitude, acceleration and
dynamicpressure versus time, respectivélaximum dynamic pressure (maxQ) is 28.9 kPa at
T+61s compared to 31.4 kPa for the Space Shuttle [39]. Maximum acceleration with no throttle
changess 29.02 m/3 at the end of core burnout at T+304.05 s. This is less then the maximum
value of 29.42 mA(3g). Table 8 summaries the vehicle performance into LEO.

Table8: SLS Block Il Summary

Orbit (km) 200.0+0.0
Inclination () 32.55
Liftof f Thrust at 0.2 s (N) 42,332,715
Liftof f Mass (kg) 2,895,882
Liftof f Acceleration (m/3) 14.63
MaxQ (Pa) 28,878
Maximum Acceleration (m# 29.02
LAS Jettison Tme (S) 375
SMF Jettison ime (S) 380
Total Payload (kg) 140,667
Total Delta—V (m/s) 9,155

I1.H \ehicle Height
With three stages using low density liquid hydrogen, there is a potential problem that the vehicle
may be too high for the KSCAB. The maximum vehicle length is limited to be no greater than

118.872 m [40]. The core length is 64.86 m [41].
To estimate the vehicle heights, we assume thatdhee height is one third of the tank diameter

The ullage volume was estimated tdilpe= 7% of the propellant volume using propellant mass data
from [18] and volumes estimated from Saturn V drawings. The LOX and LH2 nominal boiling
point (NBP) densities are, = 1,149 kg/mMandd = 70.9 kg/md, respectively [42]. The volume of
adomed cylindrical tank is given by

V = aD¥L/4 + D/9) (8)
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whereD is the tank diameter andis the length of the tank side walls. The oxidiser and fuel tank
volumes are

. (1 + fu|) M + My (9)
Vo = do 1+ 1/rm * Mugo
(L + fy) (Mg + my
Vi = ) . + Myge + My, ). (10)

Forthe LUS we haveys = 166,819 kgm = 449 kg,mgo = 847 kgmygt = 220 kg,my, = 656 kg
andry,, = 5.5 which gived,, = 132.592 rdandV; = 401.582 M. For a common bulkhead design,
we letV =\;, + Vt = 534.174 M andD = 8.407 m to givé. = 5.887 m.

For the CPS we haveyns = 93,902 kgm = 461 kg,mygo = 482 kgm,gr = 115 kg,my, = 101
kg andr,, = 5.88 which give¥, = 75.551 M andV; = 210.250 . For a common bulkhead design,
weletV =\, + V4 = 285.801 rhandD = 8.407 m to givé. = 1.412 m.

(0]
-
“\

]

D
Figure 7: Clamshell Dome

Forthe LOX tank, we use a bishell design where a normal dome has aGeigitom a dome
of heightH =D/3 as shown in Figure 7. This reduces the common bulkhead area and requires less
structuralmass compared to having an upward facing bulkhead. The total volutne LOX
bishelltank in terms oD, G andH is

Vo = nD?(2H + G3H? — 3G)/6. (11)
We solve this using Newtos’method to givé&s = 0.688 m and 1.276 m for the LUS and CPS,
respectively.

For the LM, we use four spherical tanks to hold the storable nitrogen tetroxidga)(Bind
Aerozine-50(50% unsymmetrical dimethyl hydrazine (UDMH) and hydrazingH{)). The
propellantdensities are, = 1431 kg/m and ¢ = 881.8 kg/m. Forny, = 5,188 kg andy, = 1.6 [33],
we obtainVy = (14,)mp/(o(1+1hy)) = 2.404 nd andV; = (L+)mp/(ck(1+1m)) = 2.438 nd. We
will use the lager volume so that all four tanks are of equal diani2ter3/3V;/x = 1.325 m. The
cabin diameter is 2.4 m, slightly ¢gr than the Apollo LM at 2.337 m [43]. The LCM height, not
includingthe landing legs, is 1.275 m, compared to 1.65 m for the Apblie&cent stage [43].

Figure 8 shows our design assuming 0.25 m spacing between a stage engine and the bulkhead

below. Dimensions of the Orion spacecraft were obtained from [29]. The vehicle heigBt832
m, equal to the maximum allowable.
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Vehicle Height = 18.872 mT
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Figure 8: Lage Upper Stage, Cryogenic Propulsion Stage, Lunar La@demn and LAS.
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ITI. LUNAR MISSION COST

We use the Spacecraftiicle Level Cost Model [44] derived from the NASA/Air Force Cost
Model (NAFCOM) database to estimate the total development and production costs for one
developmentlight and five or ten operational flights.a¥hultiply the FY99 amounts by 1.427 in
orderto obtain 2015 dollar amounts [45]eVElso compare this cost to a Lunar mission which uses
two 93.1 t Block IB SLS vehicles for each Lunar mission [46].

[11.A SLSBlock Il Lunar Mission Cost

As the LUS and CPS use a common bulkhead, we increase their development and production
costshy 15% totake into account the extrafttilty of this technologyAs the cost model does not
includesolid stages, we use the Launahile Stage model, but with the calculated cost reduced
by 65%. This allows the cost values to be matched to the Advanced Missions Cost Model for Rocket
Missiles[47] where only the total development and production cost is given. For the LAS, we
reduceits cost by 30% to take into account thatsita complex solid stageable 9 gives the
developmenand production costs for each element.

Table 9: SLS Block Il Lunar Mission Costs

Element | Dry Mass | Quantity per| Development| Production Cosf Production Cost

(kg) mission Cost $M 6 Missions $M | 11 Missions $M
RSRMV 96,751 2 1,966.0 1,132.5 1,801.2
Core 101,395 1 5,764.0 1,963.4 3,122.6
LUS 11,950 1 2,044.8 548.2 871.9
CPS 7,782 1 1,615.2 412.7 656.3
LM 4,186 1 2,531.8 799.3 1,271.2
Orion 16,745 1 5,427.3 2,001.1 3,182.7
LAS 5,044 1 774.6 188.5 299.8
RS-25E 3,700 6 3,769.1 808.9 1,286.5
J-2X 2,472 2 3,019.3 267.1 424.8
RL-10C-2 301 4 948.3 112.7 179.2
Total 250,326 20 27,860.4 8,234.4 13,096.2

As the RSRMVY Orion, LAS, RS-25E, J-2X and RL-10C-2 have alreadyilbbe developed,
excludingtheir development costs gives a total development cost of $12,152.4M. This includes
10% of the development cost or $196.6M to restart RSRMV steel segment production. The total
developmentand production costs are $20,386.8M for six missions and $25,248.6M1for 1
missions Per mission costs are $1,372.4M and $1,190.6M for six Amgidsions, respectively
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[11.B SLSBlock IB Lunar Mission Cost

TheBlock IB SLS uses a standard Block | SLS, where the Delta—IV upper stage is replaced with
an EUS with four RL-10C-2 engines. Thest SLS launches a two stage LM into LLO with the
secondSLS launchingrion into LLO. Orion docks with the LM, which then performs a standard
Apollo type mission. & estimate the dry mass of the LM we assume the total mass is the same as
Orionin LLO of m = 25,848 kg. Using thapollo 17 LM [21] we have the reference dry mass
= 4,937 kg and reference total massgf = 16,448 kg. Using a simple linear model, the tiv
massis my = my, m/m, = 7,758 kg. The Block IB masses are obtained from [7].

Table 10: SLS Block IB Lunar Mission Costs

Element | Dry Mass | Quantity per| Development| Production Cosf Production Cost

(kg) mission Cost $M 6 Missions $M | 11 Missions $M
RSRMV 96,751 4 1,966.0 1,925.3 3,062.0
Core 85,898 2 5,261.4 2,990.6 4,756.5
EUS 10,650 2 1,669.0 750.9 1,194.2
LM 7,758 1 3,554.8 1,202.5 1,912.5
Orion 16,745 1 5,427.3 2,001.1 3,182.7
LAS 5,044 1 774.6 188.5 299.8
RS-25E 3,700 8 3,769.1 1,008.2 1,603.5
RL-10C-2 301 8 948.3 191.5 304.6
Total 226,847 27 23,370.5 10,258.6 16,315.8

As the RSRMYV Core, Orion, LAS, RS-25E and RL-10C-2 have already or will be developed,
excludingtheir development costs and including RSRMV steel segment restart gives a development
costof $5,420.4M. The total development and production costs are $15,679.0M for six missions
and $21,736.2M forILmissions. Per mission costs are $1,709.8M and $1,483.3M for sixand 1
missions, respectively

Unfortunatelythe high development costs of a new core and LUS implies thatd¢stebr this
versionof the SLS Block Il are $4.7B and $3.5B greater for six andhissions, respectively
However,not including development costs, the per mission costs are 20% less for Block II.

Notethat we have not specified a launch frequendych may dfect total operations costa.
nominal two Lunar missions per year would be desirable, similar to what was achieved during the
last Apollo missions. This allows digient time to analyse results before the maigsion. This is
certainlyachievable with single Block Il missions. Dual Block IB missions may lhaadgional
overhead costs due to requiring four launches per year

[11.C Comparison With Other S_LSBlock Il Configurations

We investigate thelevelopment and production costs for other SLS Block Il configurations that
achievel30 t or more into LEO. The dry mass and payload results were for an earlier lighter version
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of the LAS and SMF (8,314 kg total instead of 9,027 kg) which were ejected together at an earlier
time of 330 s. The dry mass model of the LUS used the separate tank design of [8where
0.65554.The LUS puts the payload directly into a 200 km orbit inclined at 2&$&ad of 32.55
Detailsof the trajectory simulations and the data used can be found in [36].

ConfigurationSLS1C6J2.1 useRSRMV boosters with a six engine core, SLS2C4J2.2 uses
LOX/RP-1 boosters with two F-1B engines each and a four engine core, SLS3C4J2.2 uses
LOX/RP-1boosters with three staged combustion AJ1E6 engines each and a four engine core and
SLS4C5J2.21ses advanced HTPB composite case solid boosters v engine core. For the
F-1Bdry mass, we assume that it is the same as the F-1A [48]. For the AJ1EG6 dry mass, we assume
thatit is the same as the RD-1B®]. Tables 1 to 14 gives the development and production costs
of the four diferent versions.

Table15 gives the total development and production costs excluding the development costs of
elementghathave already or will be developed (RSRMV boosters, four engine core, RS—25E and
J-2X). The RSRM\kteel segment restart cost is included for SLS1C6J2.1. Per flight costs are also
given.

Table11: SLS1C6J2.1 (137.0 t to LEO)

Element | Dry Mass | Quantity per| Development| Production Cosf Production Cost
(kg) flight Cost $M 6 Flights $M 11 Flights $M
RSRMV 96,751 2 1,966.0 1,132.5 1,801.2
Core 101,395 1 5,764.0 1,963.4 3,122.6
LUS 20,642 1 2,401.7 684.5 1,088.7
RS-25E 3,700 6 3,769.1 808.9 1,286.5
J-2X 2,472 2 3,019.3 267.1 424.8
Total 224,960 12 16,920.1 4,856.4 7,723.8
Table 12: SLS2C6J2.2 (133.2 t to LEO)
Element | Dry Mass | Quantity per| Development| Production Cosf Production Cost
(kg) flight Cost $M 6 Flights $M 11 Flights $M
Pyrios AB 106,754 2 5,929.6 3,453.5 5,492.6
Core 100,775 1 5,261.4 2,990.6 4,756.5
LUS 16,158 1 2,099.1 582.1 925.7
F-1B 8,618 4 6,000.7 1,037.9 1,650.8
RS-25E 3,700 4 3,769.1 593.0 943.2
J-2X 2,472 2 3,019.3 267.1 424.8
Total 238477 14 26,079.2 8,924.2 14,193.6
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Table 13: SLS3C6J2.2 (136.2 t to LEO)

Element | Dry Mass | Quantity per| Development| Production Cosf Production Cost
(kg) flight Cost $M 6 Flights $M 11 Flights $M
Liquid AB 101,500 2 5,767.3 3,340.0 5,312.1
Core 100,775 1 5,261.4 2,990.6 4,756.5
LUS 16,097 1 2,094.7 580.6 923.4
AJ1EG6 5,393 6 4,636.9 1038.0 1,650.9
RS-25E 3,700 4 3,769.1 593.0 943.2
J-2X 2,472 2 3,019.3 267.1 424.8
Total 229937 16 24,548.7 8,809.3 14,010.9
Table 14: SLS4C5J2.2 (144.1 t to LEO)
Element Dry Mass | Quantity per| Development| Production Cost Production Cost|
(kg) flight Cost $M 6 Flights $M 11 Flights $M
Solid AB 96,615 2 1,964.5 1,131.4 1,799.5
Core 101,395 1 5,764.0 1,963.4 3,122.6
LUS 18,912 1 2,288.9 646.0 1,027.4
RS-25E 3,700 5 3,769.1 703.5 1,118.9
J-2X 2,472 2 3,019.3 267.1 424.8
Total 223,094 11 16,805.8 4,711.4 7,493.2

Table 15: SLS Block Il Costs in $M

Configuration| Total 6 Total 11 Per Flight 6| Per Flight
Flights Flights Flights 11 Flights
SLS1C6J2.1 | 13,218.7 16,086.1 809.4 702.2

SLS2C4J2.2 | 22,953.6 28,223.0 1,487.4 1,290.3
SLS3C4J2.2 | 21,308.2 26,509.8 1,468.2 1,273.7
SLS4C5J2.2 | 14,728.8 17,510.6 785.2 681.2

The cheapesbption for the SLS Block Il vehicle is the configuration we have chosen in this
paper,whichuses a new six engine core, existing RSRMV boosters and a two J-2X engine LUS.
The next cheapest is using advanced solid boosters, which costs $1%Bafid $1.6B (9%anore
for six and 1 flights, respectivelyPer flightrates are only 3% cheap#ising liquid boosters costs
61%to 75% more due to the high development and production costs of the booster stages and
engines.

IV. FUTURE IMPROVEMENTS

Thereare a number of options for increasing the performance of the Block Il vehicle as well as
the performance of the overall Lunar mission. The fiesitriction that must be overcome is the
vehicle height, as this currently limits overall vehicle performance for single launch Lunar

24



missions.The current SLS launch mount uses vehicle support gSB) [50] to mount the
RSRMYV boostersThesewere not used for the Space Shuttle. Eliminating these posts would
provide1.727 m of additional vehicle height, at the expense of having to modify the launch mount
aswell as the location of the core umbilicals on the launch tower

The RL-10B-2 engine has a stowed length of 2.197 m [25], compared to a length of 3.767 m
thatwe have used in our design. This would allow an increase of 1.57 m in tank length as well as
increasegerformance due to a higher Isp afbrter interstage. There is additional risk though
from nozzledeployment failures. Howevethe RL—10B-2 has flown 29 times in the Delta IV
launchvehicle without any deployment failures. Also, the increase in delta—V due to a single nozzle
deploymentailure is only 1.1%, which we have included in the mission design.

Replacingthe LAS withthe max launch abort system (MLAS) [51] would provide mudlelar
increases in tank length, of up to 12.2 m, which far exceeds what is required of at least 2 m. MLAS
was partiallydevelopedand performed one successful flight test. Another alternative is to replace
the Orion spacecraft with a Block Il configuration with a 3.18 m diameter headlight shaped capsule
thatcan carry four astronauts, a separate orbital module that would provide a mgacimtarnal
volume then available in Orion and an MLAS lixkortsystem. This could reduce the 10,159 kg
massof Orion to 5,870 kg (similar to the Apollo command module), which would allow significant
performancamprovements. Not including any reduction in the SM n@asscrease in mass to
LEO, this would increase the LM ¢ar mass from 535 kg to 3,396 kg ®btain theequivalent
increasan performance using Orion, we would need to increase the total mass after LUS separation
from 142,195 kg to 162,151 kg.

V. CONCLUSIONS

We have presented a solution for achieving a Lunar landing mission using only one SLS Block
Il launch vehicle. @ achieve this we use the existing RSRMV sabicket boosters, the four engine
coreof the Block | vehicle modified to use six RS—25E engines, a dual J-2X LUS and a quad
RL-10C-2CPS. Due to vehicle height limitations, the LUS and CPS must use a common bulkhead
design,which has the additional benefit of increased payload performance. There are also many
optionsavailable to increase performance.

Comparedo other Block Il configurations, we have shown thé configuration is the cheapest
in terms of total development and production costs. A dual Block IB Lunar mission is however
$4.7Band $3.5B cheaper for six antl lunar missions, respectivelyer flight costs of using a
singleBlock Il mission ar&0% less, which over time would lead to cheaper overall cost. For future
Marsmissions, the 140 t capability of tt#&.S Block Il version gives a significant advantage over
the 93 t capability of SLS Block IBrequiring fewer flights for each mission and thus simplifying
overallmission complexity

By going to the Moon, which ian extremely difcult exercise as demonstrated by Apollo, the
experiencegained in actual beyond Earth exploration can be regained from that lost when the
Apollo program was prematurely curtailed. Lunar exploration also allows regular missions to be
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performed,compared to having to wait over two years betweach Mars mission. M the
experiencegained in regular Lunar missions, the much greafertefnd complexity required to
go to Mars can then be tackled with much greater confidence.
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ACRONYM LIST
AB AdvancedBoosters
CM Command Module
CPM Crew and Propulsion Module
CPS Cryogenic Propulsion Stage
ESM European Service Module
EOI Earth Orbit Insertion
EUS Exploration Upper Stage
GH, Gaseous Hydrogen
GO, Gaseous Oxygen
HTPB Hydroxyl Terminated Polybutadiene
KSC Kennedy Space Center
LAS Launch Abort System
LCM Landing and Cagyo Module
LEO Low Earth Orbit
LH2 Liquid Hydrogen
LLO Low Lunar Orbit
LM Lunar Module
LOI Lunar Orbit Insertion
LOX Liquid Oxygen
LUS Large Upper Stage
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maxQ Maximum Dynamic Pressure

MLAS Max Launch Abort System

MMSEV Multi-Mission Space Explorationékicle

MPCV Multi Purpose Crew &hicle

NAFCOM NASA/AIir Force Cost Model

NASA National Aeronautics and Space Administration
NoHg4 Hydrazine

NoOy Nitrogen etroxide

NBP Nominal Boiling Point

OMS Orbital Manoeuvring System
PC Plane Change

PD Powered Descent

PDI Powered Descent Initiation
RP-1 Rocket Propellant Kerosene
RPL Rated Power Level

RSRM Reusable Solid Rocket Motor

RSRMV Reusable Solid Rocket Motor Five Segment
SLA Spacecraft Launch Adaptor

SLS Space Launch System

SMF Service Module Fairing

SRM Solid Rocket Motor

TAD Transposition and Docking

TCM Trajectory Correction Manoeuvre
TEI Trans Earth Injection

TL Trans Lunar

TLI Trans Lunar Injection

UDMH Unsymmetrical Dimethyl Hydrazine
VAB Vehicle Assembly Building

VSP \&hicle Support Posts
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